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SUMMARY 

Successful correlations of pressure on delta-planform wings are 
shown f o r  both the  center-line and spanwise pressure d is t r ibu t ions  over 
a range of sweep, Mach number, angle of attack, and dihedral angle. 
correlations allow the  application of experimental r e su l t s  t o  Mach nwn- 
bers  widely different  from those a t  which the  data were obtained, thus 
allowing the prediction of the  pressure on the  l i f t i n g  surface of a 
vehicle such as the Dyna-Soar with confidence. 
has been found t o  be amenable t o  simple approaches which take in to  
account the  flow pat tern peculiar t o  the angle-of-attack range under 
consideration. The leading edge itself has been found t o  become a 
t r a i l i n g  edge i n  the sense of airflow direct ion a t  high angles of attack. 
This i s  connected with the appearance of conical flow on the  de l t a  wing 
and tends t o  a l l ev ia t e  the  heat t ransfer  t o  the  leading edge. 

Such 

Much of the heat t ransfer  

INTRODUCTION 

The de l t a  planform i s  a type of great  interest  i n  hypersonic-glider 
and l i f t ing-reentry studies. In  order t o  supply the  information neces- 
sary f o r  the  proper evaluation and successful application of t h i s  shape 
an extensive research program has been carr ied out. 

Only a s m a l l  f rac t ion  of the  r e su l t s  so far obtained can be t rea ted  
here; however, it w i l l  be the  purpose of t h i s  paper t o  give the  high- 
l i g h t s  of the recent research r e su l t s .  
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h heat-transfer coefficient 

heat-transfer coeff ic ient  on stagnation point h w  
h 

2 length along lea edge 

M Mach number 

nton number based on free-stream conditions N S t  

P pressure 

stagnation pressure behind a normal shock PMAX 

R Reynolds number 

S distance along surface from geometric stagnation point of 
spherical  nose 

t thickness 

U velo c it y 

X c hor dw i s e d i  s t ance 

a angle of a t tack of plane of leading edges 

loca l  angle of a t tack  of the wing panel (eq. (1)) % 

P angle of shock from stream 

5 surface flow angle measured from center l i n e  - 
0 

r dihedral angle 

ray angle from center l i n e  

A sweep angle 

Subscripts : 

C chord 

(L center l i n e  

l e  leading edge 
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FIDW FIELDS AND PRESSURE DISTRIBUTIONS 

Examples of t he  models tested are shown i n  f igures  1 and 2. Most' 
of the  investigations were concerned with f la t  or  slab d e l t a  wings; how- 
ever, as i l l u s t r a t e d  i n  f igure 1 a set of models w a s  designed t o  inves- 
t i g a t e  the  e f f ec t  of dihedral  on the  underside of the  wing. 
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Models shown i n  f igure  2 are examples of wings with a large amount 
of blunting which are par t  of a coordinated delta-wing program. 
the models i n  t h i s  program were of t h i s  type - t h a t  is, a slab with a 
swept-cylinder leading edge - and many were t e s t ed  with the two differ-  
ent noses shown here. 
varied from f a c i l i t y  t o  f a c i l i t y .  For instance, although the  models 
shown i n  f igure  2, which were t e s t ed  i n  the Langley 11-inch hypersonic 
tunnel, are 7 diameters long, the  model tested i n  the  Unitary Plan wind 
tunnel at  the Langley Research Center was 20 diameters long. 

A l l  

The length of t he  wing i n  terms of diameters 

In  f igure 3 are presented schlieren photographs of the  shock shape 

In f igure  3(a) the  
on the  cylindrical-leading-edge blunt-nose model i n  top view i n  order 
t o  show the  extent of the e f f ec t  of the  blunt nose. 
model i s  a t  zero angle of a t tack  a t  Mach 6.9 and 9.6 i n  air and Mach 
18.4 i n  helium. 
30' a t  Mach 6.9 i n  a i r .  
top wing corresponds t o  a 3 times enlargement of t h a t  par t  of t he  bottom 
wing ahead of t he  dashed l i ne .  This top wing i s  only 7 diameters-long. 
A t  zero angle of a t tack  the  Mach 6.9 and 9.6 pictures  are very similar, 
and the  shock shape i s  much the  same a t  Mach 18.4 i n  helium. If the  
extent of the  nose influence i s  judged by the  inf lec t ion  i n  the  leading- 
edge shock, the blunt nose a f f ec t s  less of t h e  wing length as the-angle  
of a t tack  increases. 
that i s ,  independent of angle of a t tack  i n  the  range shown here, t h i s  
change i n  shock shape i s  mainly due t o  changes i n  the  shock around the  
cyl indrical  leading edge with angle of attack. 
nose, at  Oo and LOo angle of attack, t h e  shock i s  p a r a l l e l  t o  the  leading 
edge. 
the main-stream flow senses the  loca l  wing span, and the  leading-edge 
shock shape becomes conical i n  nature. 

In  f igure 3(b) the  angle of a t tack  ranges from loo t o  
The bottom wing i s  21  diameters long and the  

Since the spherical  nose has a shock of fixed shape, 

Far enough away from the  

A t  20' and, t o  a more noticeable extent, at  30° angle of a t tack  

d 
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Next, the shock i s  examined i n  s ide view. In  t h i s  case f igure 4 
presents the  shock angle determined from schlieren photographs of the  
f l a t  wings as a function of angle of a t tack.  Included i n  this figure 
but not ident i f ied  a re  wings with sharp and blunt noses and leading edges. 
To avoid data with substant ia l  pressure gradients, data at angles of 
a t tack l e s s  t'nan about 20' fo r  t h e  blunted wings and within about lA 
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diameters of the  nose a re  excluded from t h i s  f igure.  
are  not very l imit ing because the  main in t e re s t  is i n  applications of 
t he  delta wing i n  the range of angle of a t tack from 15' t o  50° on reentry 
vehicles. 
shock theory are included i n  t h i s  f igure f o r  reference. 
f o r  shock angles greater  than about 19' the delta-wing shock angles 
deviate considerably from the two-dimensional theory, the incremental 
e f f ec t  of Mach number seems t o  be given with good accuracy by the theory, 
and it i s  expected tha t  with fur ther  increases i n  Mach number there  w i l l  
be an almost negligible change i n  shock angle. 
insens i t iv i ty  of t he  shock angle t o  changes i n  sweep angle and the s m a l l  
shock standoff angle from the  wing surface. 

These exclusions 

The location of the wing surface and two-dimensional oblique- 
Note tha t  while 

Also noteworthy i s  the 

A s  yet there are no adequate theories f o r  predicting the  pressures 
on delta wings with detached shocks. 
a correlation of empirical resu l t s .  Figure 5 shows the wall-to-free- 
stream static-pressure r a t i o s  obtained 02 the  center l i n e  of various 
f l a t  wings. Only data where essent ia l ly  no longitudinal pressure gradient 
ex is t s  on the center l i n e  have been included. 
encompass the  range of angle of a t tack up t o  about 60°. 

However, t h i s  f ac t  does not preclude 

The Mach 6.85 and 9.6 data 
For the f l a t  

e sweep angles at  which pressure data are available are  only 70' 

should correlate  with the  results shown here. The pressure 
r a t i o  does not 'appear t o  vary with leading-edge bluntness, nose shape, 
o r  sweep angle. 
using the  hypersonic s imi la r i ty  parameter M, s i n  u suggested by both 
hypersonic oblique shock theory and Newtonian theory t o  correlate  the 
wall-to-free-stream static-pressure r a t i o  f o r  the data. Included 
i n  these f igures  are the res t s  from exact two-d ional  oblique shock 
theory and Newtonian theory 

however, data f o r  de l t a  wings with sweep angles t o  a t  least as 

Figure 6 shows the good correlation which r e su l t s  from 

r reference. 

ressure data from wings w i t h  dihedral on the underside are 
shown i n  f igure 7 and these data correlate  w e l l  with flat-wing data. 
Data obtained f o r  a 60° swept wing are  included here. 
the angle of a t tack  used i n  the correlating parameter i s  the  loca l  angle 
of a t tack  of the wing panel given by the following equation: 

For these data 

cos a - 
(1) tan am = t an  a + arc  tan  tan  ele t an  r)] tan r [ ( 

* d 
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With t h i s  correlation the  center-line pressures on a de l t a  wing may be 
predicted a t  Mach numbers considerably d i f fe ren t  from those of the  tests. 

Up t o  now consideration has been given t o  wings a t  angles of a t tack 
high enough so t h a t  no longitudinal pressure gradient exists on the 
center l i n e  of the  wing. The question a r i s e s  as t o  what extent the  
center-line pressures a re  a l t e r ed  i n  the region of the nose. 
examines i n  some d e t a i l  the center-line pressure d is t r ibu t ion  on the 
hemisphere-nose de l t a  wing of 70' sweep. This wing had swept cylinders 
forming the leading edges, and overa l l  the wing corresponded t o  the first 
few feet of an ac tua l  hypersonic g l ider .  The data a r e  shown over a range 
of angle of a t tack from 0' t o  20'. 
t e r  i s  p / m  where i s  the stagnation pressure a f t e r  a normal 
shock. 
of the  wing i n  terms of leading-edge diameters. 
distance is always taken a t  the  geometric stagnation point of the spherical  
nose. On the spherical  nose there  i s  a Mach number freeze; t ha t  is ,  
p/pm 
Mach number. On the slab portion of the high-pressure side of the  wing 
the pressure gradient induced by the blunt nose, which i s  so pronounced 
a t  zero angle of attack, becomes less severe with increasing angle of 
attack and v i r tua l ly  disappears at  20' angle of a t tack  and greater.  
re f .  1.) 

Figure 8 

I n  t h i s  f igure  the pressure parame- 

The distance parameter i s  distance along the  surface on the  center 
The or igin of the surface 

i s  a function only of posit ion on the  sphere, not of free-stream 

(See 

Thus far only the center l i n e  of the  wing has been considered. The 
flow over the wing w i l l  now be examined i n  a more general way. Figure 9 
shows tracings of surface flow streamlines formed by flowing lubricat ing 
o i l  impregnated with carbon black on a sharp-leading-edge wing with 750 
sweep a t  Mach 9.6. a = 0' 
of the  wing caused by the pressure gradient induced by the thick boundary 
layer,. However, because of t h i s  very gradient, the  streamlines external 
t o  t he  boundary layer  must be out away from the  center of the wing. With 
increasing angle of attack, as shock-loss e f fec ts  start t o  predominate, 
the flow at  the surface a l s o  turns out f romthe  center. 
a t tack the flow i s  away from the  wing center l i n e  but it s t i l l  comes i n  
across the leading edge. 
t o  such an extent t h a t  i n  the sense of airflow direct ion the geometric 
leading edge has become a t r a i l i n g  edge. An interest ing feature  of the 
flow a t  30° angle of a t tack  i s  the  appearance of a parting l i n e  a t  about 
12O out from the  center l i n e  of the wing. A t  60° angle of a t tack the 
flow l ines ,  which for the  most par t  were more or less s t r a igh t  a t  15' 
and 300 angle of attack, appear t o  be hyperbolic i n  nature. The parting 
l i n e  referred t o  a t  30' angle of a t tack  has moved i'nto the center of the 
wing. 
face flow angles measured from these o i l  flow streaks a re  shown as a 
function of ray angle f romthe  apex. 
the parting l i n e  in to  the center of the  wing. 

A t  there i s  a surface flow i n  toward the center 

A t  l5O angle of 

A t  30° angle of a t tack  the flow has turned out 

More d e t a i l  on these flows i s  shown i n  f igur210.  Here the sur- 

This f igure shows the  movement of 
A l i n e  fo r  perfect r ad ia l  
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flow has been put on the figure for reference. The location of the  
parting l i n e  i s  given by the point a t  which the data cross the l i n e  
f o r  radial flow. 
cent ra l  region of the  wing a t  45' angle of attack, and thus at higher 
angles of a t tack  than t h i s  there  is no parting l i n e  as such, unless one 
wishes t o  view the  center l i n e  of the  de l t a  wing as a parting l i ne .  

Note tha t  the flow l ines  a re  very nearly radial i n  the 

A t  t h i s  point the e f fec t  of dihedral on the surface flow angularity 
w i l l  be examined. 
sharp-leading-edge wing a t  30° angle of a t tack with dihedral angles of 
0' and 2 6 O .  The angles of the  oil-carbon black streaks r e l a t ive  t o  the 
center l i n e  of the  wing are  shown as  a function of angular measure from 
the wing center l i ne .  
have been made exactly p a r a l l e l  t o  each other.  
indicates t ha t  the spanwise pressure dis t r ibut ions should not be a func- 
t i o n  of dihedral angle. In addition, such an approach as the use of the 
loca l  angle of a t tack of the surface i n  correlating wing pressures i s  a l s o  
p a r t i a l l y  jus t  if  ied.  

Shown i n  f igure 11 are r e su l t s  from the 75' swept 

The curves, which are fa i r ings  of the measurements, 
That t h i s  can be done 

Figure 12 shows the l a t e r a l  pressure d is t r ibu t ions  associated with 
these flow patterns from Oo t o  600 angle of a t tack.  The loca l  pressure 
i n  every case has been divided by the  pressure on the center l i n e  of the 
wing. Included i n  t h i s  f igure are  data for  two Mach numbers, two sweep 
angles, and two dihedral angles. Overall one may note the insens i t iv i ty  
of the  l a t e r a l  pressure dis t r ibut ions at angle of a t tack t o  variations i n  
any of these parameters. A t  30° and 600 angle of a t tack the  flow i s  con- 
i ca l ,  a s  indicated by o i l  flow'tracings, and a t  the highest angle of 
a t tack  (60~) the  pressure d is t r ibu t ion  approaches tha t  f o r  a disk a t  90' 
angle of a t tack t o  a hypersonic flow, t o  which it i s  compared i n  t h i s  
figure. A t  zero angle of a t tack the pressures a re  high i n  the leading- 
edge region because of boundary-layer displacement e f f ec t s  and the flow 
i s  not conical. 

Insofar as pressures a re  concerned successful correlations have been 
shown fo r  both the center-line and spanwise pressure d is t r ibu t ions  i n  
which the e f fec t  of a modification such as the addition of dihedral t o  
the surface i s  included. Such correlations allow the  application of 
experimental r e su l t s  t o  Mach numbers widely d i f fe ren t  from those a t  which 
the data were obtained, thus allowing the prediction of the  pressure on 
the l i f t i n g  surface of a vehicle such as the  Dyna-Soar with confidence. 

i 



KEAT TRANSFER 

This section will present some of the  heat-transfer r e s u l t s  from 
of d e l t a  wings described i n  the preceding section. the  broad s t  

Heat-transf e 
M = 3.5 t o  about M = 18 from a number of f a c i l i t i e s .  The lower Mach 
number tests, however, showed t r ans i t i ona l  and turbulent flow over much 
of the  surface, and a t  the  highest Mach number the range of angles of 
a t tack  and configurations studied w a s  less complete. I n  order t o  pre- 
sent a c lear  picture  of the overa l l  d i s t r ibu t ion  of heat-transfer rates 
and t h e i r  re la t ion  t o  the external  flow f i e lds ,  the  present discussion 
w i l l  be based mostly on the  f u l l y  laminar data  at  
Langley 11-inch hypersonic tunnel, 

ata on some of the  configurations were available from 

M = 9.6 from the 

The sharp-leading-edge de l t a  wing w i l l  be considered first.  It is  
geometrically simpler, but s t i l l  indicates the general behavior of the  
heat t r ans fe r  t o  the  blunt wing f o r  regions far  from the nose and leading 
edges. 
The data are f o r  points  along the center l i n e  of a f l a t  de l t a  wing, 
presented i n  the form of the  laminar f l a t -p l a t e  correlat ing parameter 
Nst& based on distance from the  nose, with f l u i d  properties evaluated 
a t  free-stream conditions. 

Figure 13 shows the trend of heat t ransfer  with angle of a t tack.  

Up t o  about 20° the heat t ransfer  increases with angle of a t tack  

A t  higher angles of attack, the  data depart from the 
r) 

about as expected f o r  a f l a t  p la te ,  as shown by the  so l id  curve labeled 
" s t r i p  theory." 
strip-theory trend and approach the  dashed curve predicted by cross-flow 
theory, which regards the wing as a succession of independent spanwise 
s t r i p s  i n  cross flow. For t h i s  theory, the  component of free-stream 
veloci ty  normal t o  the  wing w a s  used as the cross-flow stream, and 
the  equivalent stagnation-point veloci ty  gradient w a s  calculated from 
a correlat ion of experimental pressure d is t r ibu t ions  measured on c i r -  
cular  disks  normal t o  the flow, which w i l l  be discussed later i n  t h i s  
paper. This assumed pressure d is t r ibu t ion  does not f i t  the  pressures 
measured on the d e l t a  wing a t  angles of a t tack  of 30' and less, as was 
shown i n  figure 12 but becomes a be t t e r  approximation a t  higher angles, 
and f i t s  very w e l l  a t  The cross-flow approach a l so  neglects 
completely effects of the chordwise component of the  flow. A more refined 
and more nearly correct approach i s  given by the  streamline divergence 
theory shown by the dot-dashed l i ne .  This method, based on the  theory 
of Vaglio-Laurin ( ref .  2 )  involves integrating along s t r e d i n e s  a quan- 
t i t y  including loca l  flow conditions and a term expressing the rate of 
separation o r  divergence of the  streamlines. When the same spanwise 
component ve loc i t ies  are used as were used i n  the  cross-flow theory t o  
compute the  streamlines near t he  wing center l i ne ,  the Vaglio-Laurin 

a = 600. 

m 
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theory gives a very good prediction of the heat-transfer r a t e s  from about 
2 5 O  t o  600 angle of attack. c 

The theory of Vaglio-Laurin i s  actual ly  very general and can be 
applied whenever the streamlines and flow properties outside the  boundary 
layer are known. Because there  i s  as yet no adequate theore t ica l  method 
f o r  determining the  streamlines over the en t i r e  d e l t a  wing a t  a l l  angles 
of attack, the  application of t h i s  method w i l l  not be discussed fur ther  
i n  t h i s  paper. 

Above about 60°, where the  wing shock is curved, the correlation 
based on the  single charac te r i s t ic  length, t he  distance from the  nose, 
can be expected t o  break down. 
cussed fur ther  i n  reference 3 .  The viscous interact ion e f f ec t s  on 
the wing w i l l  be most important ,near; zero angle of attack. 
studies indicate t h a t  the pressure induced by the boundary-layer growth 
would lead t o  higher heat-transfer r a t e s  than those on a f l a t  p l a t e  
with constant pressure, but the data near 
lower. 
are f o r  points a l l  over the  de l t a  wing, plot ted against streamwise dis-  
tance from the  leading edges i n  terms of root chord, and are  shown f o r  
three Mach numbers. 
by the induced pressure and pressure gradient as expected at the higher 
Mach numbers, but f a l l s  off t o  values below those predicted f o r  a f l a t  
p la te  without induced pressure, and the decrease i s  greatest  a t  the highest 
Mach numbers where the induced pressures a re  highest. 

The behavior at  angles near 90' i s  dis-  

Previous 

a = Oo a re  i n  f a c t  mostly 
This behavior i s  examined more closely i n  figure 14. These data  

Near the leading edge, the heat t ransfer  is increased 

The explanation i s  found i n  the flow pat terns  shown i n  f igure 15. 
The calculated streamlines outside the boundary layer, shown by the so l id  
l ines,  a re  deflected outward and a r e  s l i gh t ly  divergent, which would 
indicate an increased heat t ransfer .  I n  the boundary layer near the sur- 
face, however, the  induced pressure gradients produce a flow toward the 
center from each leading edge, shown by the dashed l i nes  which are traced 
from o i l  streak patterns.  This secondary flow p i l e s  up low-energy a i r  
i n  the middle of the  wing, which thickens the boundary layer there  and 
reduces the heat-transfer rates. 

Because the pressure gradients producing t h i s  secondary flow decrease 
w i t h  distance from the leading edge, the e f f ec t  should disappear some dis-  
tance downstream of the nose of the wing, Available data do not, however, 
permit an assessment of how far downstream the reduction extends. The 
e f fec t  decreases with angle of a t tack  and i s  negligible above about 120 
a t  M = 9.6. 

The spanwise d is t r ibu t ion  of heat-transfer coeff ic ients  on the  sharp- 
leading-edge de l t a  wing i s  shown i n  f igure 16. Here, the experimental 
Stanton numbers along each of several spanwise l i n e s  are  correlated by 
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taking the  r a t i o  of the  measured values t o  the  value calculated f o r  the  
center-line point as though it were par t  of a f la t  p la te  at the sane 
angle of a t tack as the  wing. The cmves labeled " s t r i p  theory" are 
included t o  give a frame of reference. 
the decreasing distance from the  leading edge as the  point considered 
moves out spanwise, assuming the  streamlines t o  be straight and para l le l ,  
as on a s t r i p  of a f lat  plate .  

* 

They show the  expected e f f ec t  of 

A t  zero angle of attack, the  heat t ransfer  is high near the leading 
edge because of t he  boundary-layer induced pressure. The reduction dis-  
cussed i n  figure 15 due t o  the inward flow near the surface extends over 
about half  the  semispan. 

A t  16' angle of attack, on the lower surface the  flow i s  s l igh t ly  
outward, but the divergence of the streamlines i s  s m a l l  and the heat 
t ransfer  is f a i r l y  w e l l  predicted by simple s t r i p  theory. 

A t  higher angles of attack, shown i n  f igure 17, the pat tern changes. 
on the lower surface show a region The surface flows a t  

with nearly r ad ia l  s t r e d i n e s  over most of the wing but with an Outer 
region where the flow i s  outward over the  leading edge. For this kind 
of flow, the uniform pa ra l l e l  flow assumed i n  the  s t r i p  theory is  c lear ly  
inadequate, and i n  f a c t  t he  measured heat-transfer dis t r ibut ions resemble 
more nearly the shapes predicted by the cross-flow theory. The cross- 
flow pat tern i s  not f u l l y  achieved, however, at  4 5 O  angle of a t tack.  
OL = 600, as  shown i n  f igure 9 the  central  region of nearly radial flow 
has disappeared, and here the cross-flow theory gives a good prediction 
of the  heat-transfer rates. 

I n  f igure 7 it was shown t h a t  the  pressures on a dihedraled win 
can be correlated with those f o r  a f la t  p la te  by using the  loca l  wing 
panel angle of attack. In  figure 18 the heat-transfer rates on three 
dihedraled wings are compared at the same wing panel angle of attack, 
2 6 O ,  and therefore at the  same pressure. 
data taken from f igure 17 are  shown by the shaded band. 
f e r  near the center l i n e  i s  considerably increased by the presence of 
dihedral, by as much as a fac tor  of 2 at 26' dihedral. 
the  outward component of the flow produced by the dihedral (shown i n  
f ig .  11) which thins  the boundary layer  near the center. 
i n  heat t ransfer  due t o  the  dihedral falls off spanwise, and the outer 
half of the  wing panel shows only s m a l l  differences i n  heat t ransfer  
with dihedral. Thus, f o r  the same l i f t  and planform area a dihedraled 
wing w i l l  have a greater  heat load than a' f l a t  one. 

a = 26' and 45O 
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The f l a t  wing (zero dihedral) 
The heat t rans-  

This i s  due t o  

The increment 

The discussion thus far has dea l t  with the  behavior of sharp-leading- 
s edge de l t a  wings. 

necessarily be blunted t o  some extent. 
The nose and leading edges of f l i g h t  vehicles w i l l  

Far from the  nose and leading 



edges, the  trends shown by the sharp wing are generally applicable t o  
the blunt wing also.  The heat t ransfer  close t o  the  nose is shown i n  
f igure 19. Here, heat-transfer coeff ic ients  mea  a t  points along 
the center l i n e  of a spherical-nosed de l t a  wing, 
of the  value calculated f o r  the stagnation point of a sphere, are plot ted 
against surface distance from the stagnation point. 
measured heat-transfer r a t e s  agree well  with the values calculated by 
Lees' theory (ref. 4) over the  range of angles of a t tack presented. 
the slab, a t  zero angle of a t tack  figure 8 showed tha t  the pressures 
induced by the spherical  nose extend back over the  en t i r e  length of this 
ra ther  short  model. The heat-transfer coeff ic ients  i n  f igure 19 are a l so  
increased but are f a i r l y  well  predicted by two-dimensional hypersonic 
s imi la r i ty  theory ( r e f .  5), which takes in to  account the pressure and 
pressure-gradient effects .  As  the angle of a t tack  increases, the distance 
over which the induced pressures due t o  the nose are s ignif icant  decreases, 
as w a s  shown i n  figure 8, and by 21' the  heat t ransfer  on the  lower sur- 
face of the slab i s  sa t i s f ac to r i ly  predicted by the  constant-pressure 
s t r i p  theory from about 2 or  3 diameters back from the stagnation point. 

essed as  a fraet ion 

On the sphere the 

On 

A t  higher angles of attack, t he  flow becomes outward over the leading 
edge, and the cross-flow type of calculations should be appropriate. A t  
420 angle of attack, the cross-flow theory i n  f a c t  gives a good prediction 
of the  center-line heat-transfer ra tes .  The spanwise velocity gradients 
used fo r  the cross-flow theory calculations were obtained from the velocity 
dis t r ibut ions shown i n  figure 20. These were computed from pressure meas- 
urements on flat-faced disks normal t o  the flow, with various corner r ad i i ,  

It was found t h a t  the 
velocity gradients near the center l i n e  seemed t o  vary l i nea r ly  with the  
r a t i o  of corner radius t o  overal l  diameter, and could be very w e l l  repre- 
sented by the equation: 

19 

ranging from the sharp edge t o  the  hemisphere. 9.1 

= 0.745 + 3.14 5 
This re la t ion  was assumed t o  be applicable t o  the  delta wing near the 
center l ine ,  with the loca l  span and cylinder radius as D and r, 
respectively, and using the speed of sound a t  the f i c t i t i o u s  stagnation 
temperature corresponding t o  the t o t a l  energy of the  normal component 
flow. 

The cyl indrical  leading edge of a wing a t  l o w  angles of a t tack i s  
usually t rea ted  as par t  of an i n f i n i t e  cylinder. 
direct ion of the surface streamlines with angle of a t tack  and the  prox- 
imity of the blunt nose suggest a l imitat ion t o  the va l id i ty  of the 
isolated-cylinder calculation. 

The changes i n  flow 

This i s  examined i n  f igure 21. 

J 



The maximum heat-transfer coeff ic ients  on the  cylinder are expressed 
as a f rac t ion  of the value calculated fo r  t he  stagnation l i n e  of an i n f i -  
n i t e  cylinder a t  zero sweep. 
curves fo r  M = 9.6 a t  three s ta t ions,  and a t  M = 8.1 from the  AEDC 
B-2 tunnel by the c i r c l e s .  
the Mach 9.6 data show a small e f f ec t  due t o  the  proximity of t he  nose 
at  the s ta t ion  1 diameter away from the  shoulder, but beyond 3 diameters 
the heat t ransfer  i s  independent of distance from the  nose within the 
experimental s ca t t e r  f o r  both sets of data. 
M = 9.6 
from the nose. 

Experimental values a re  shown by fa i red  

A t  low angles of attack, up t o  about 20°, 

Above 20°, however, the  
data show the  development of a d i s t i n c t  trend with distance 

Up t o  20° the  data also follow the trend with angle of a t tack pre- 
dicted by the inf inite-cylinder theory (ref. 6), but depart considerably 
from t h i s  trend a t  higher angles. 
t ha t  the heat t ransfer  actual ly  decreases above about 40'. 
of a t tack  above 20°, the  schlieren photographs of f igure 3 show t h a t  the 
shocks a re  no longer pa ra l l e l  t o  the cylinder elements, as required f o r  
the application of infinite-cylinder theory. For t h i s  range, the  flow 
pat tern i s  dependent on the l o c a l  span as wel l  as on the cylinder diame- 
ter, and the "leading edge" must be t reated as the round edge of a plate .  

A br ief  overal l  view of the  flow f i e l d s  and heat t ransfer  t o  the 

In f ac t ,  the  Mach 8.1 data indicate 
For angles 

simple de l t a  wing with laminar flow has been presented. 
vehicle w i l l ,  of course, be complicated by f ins ,  controls, and other 
modifications, which w i l l  require detai led study, but the simple-delta- 
wing r e su l t s  can provide the basis f o r  design of most of the  vehicle 
surface. In  sp i t e  of the  lack of a general theore t ica l  method fo r  com- 
puting the flow f i e l d  and heat t ransfer  f o r  the  en t i r e  wing a t  angles 
of attack, a knowledge of the streamline patterns and pressures allows 
the prediction of the heat t ransfer  by application of simple methods. 
Furthermore, these flow f i e l d s  provide the basis fo r  application of more 
elaborate theories f o r  turbulent as w e l l  as laminar boundary layers.  

An ac tua l  

CONCLUDING REMARKS 

In  summary, then, insofar as pressures a re  concerned successful 
correlations have been shown fo r  both the center-line and spanwise pres- 
sure d is t r ibu t ions  over a range of sweep, Mach number, angle of attack, 
and dihedral angle. Such correlations allow the  application of experi- 
mental r e su l t s  t o  Mach numbers widely d i f fe ren t  from those a t  which the 
data were obtained, thus allowing the prediction of the  pressure on the  
l i f t i n g  surface of a vehicle such as the  Dyna-Soar with confidence. 
of the heat t ransfer  has been found t o  be amenable t o  simple approaches 
which take in to  account the f l o w  pat tern peculiar t o  the angle-of-attack 
range under consideration. .The leading edge itself has been found t o  

Much 

\ 
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become a t r a i l i n g  edge i n  the sense of airflow direct ion at  high angles 
of a t tack.  This i s  connected with the  appearance of conical flow on the 
d e l t a  w i n g  and tends t o  a l l ev ia t e  the heat t ransfer  t o  the  leading edge. 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Field, Va., April  11, 1960. 
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DELTA-WING MODELS 

Figure 1 
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A 

7t I \  

Figure 2 



li 

w 



16 

P 



3M 

1) 

a 
SL 
0 
0 
I: 
v, 
z 
0 
Ty 
W m 
2 
3 z 
I: 
0 

2 
LL 
0 
t- 
c) 
W 
LL 
LL 
LLJ 

a 

o n  
0 r- 

0 
tD 

f 
0 
u") 

0 

w n 

d 



18 

3 

PRESSURES ON CENTERLINE OF FLAT DELTA WING 
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SURFACE FLOW ANGLES ON FLAT DELTA WINGS 
Ma = 9.6,6=75" 
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Figure 10 
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SURFACE FLOW ANGLES ON FLAT AND DIHEDRALED DELTA WINGS 
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SPANWISE DISTRIBUTION OF HEAT TRANSFER AT ANGLES OF ATTACK 
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